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SUMMARY

In this study, calculation of longitudinal and lateral-—
directional aerodynamic characteristics of airplanes by the VORSTAB
code is examined. The numerical predictions are based on the
potential flow theory with the corrections of high angle—of-attack
phenomena; namely, vortex flow and boundary layer separation
effects. To account for the vortex flow effect, vortex lift, vortex
action point, augmented vortex 1lift and vortex breakdown effect
through the method of suction analogy are included. The effect of
boundary layer separation is obtained by matching the nonlinear
section data with the three—dimensional 1lift characteristics
iteratively.

Through correlation with results for nine fighter
configurations, it‘is concluded that reasonably accurate prediction
of longitudinal and static lateral—directional aerodynamics can be
obtained with the VORSTAB code up to an angle of attack at which
wake interference and forebody vortex effect are not important.

Possible reasons for discrepancy at higher angles of attack are

discussed.
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LIST OF SYMBOLS

Fourier coefficients
Span

Local chord

Mean aerodynamic chord

A characteristic length in the calculation of
augmented vortex lift. See Equation (47).

Sectional leading-edge singularity parameter
Sectional drag coefficient

Drag coefficient

Induced drag coefficient

Sectional lift coefficient

Total 1lift coefficient

Rolling moment coefficient

3C,/ 3B

3C,/ op

acZ/aE

Sectional pitching moment coefficient
Total pitching moment coefficient
Yawing moment coefficient

9C /238

Body normal force coefficient based on maximum cross-—
sectional area

Sectional normal force coefficient due to body vortex
lift

Total augmented-vortex normal force coefficient on a
body
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C Pressure coefficient

P

ACp Lifting pressure coefficient

cg Sectional leading-edge suction coefficient

- = .2

c cc /c sin“a

] s ,

Cy Sectional leading-edge thrust coefficient

Cg Total leading-edge suction coefficient

Cef Sectional side-force coefficient of a body

Csf N Total suction force coefficient produced by a body

’ nose section

ce Sectional leading-edge thrust coefficient

Cy Side force coefficient

Fy Augmented vortex lift

f Ratio of vortex-induced vertical velocity to the free
stream (Equation 65) or ratio of sectional lift
coefficlents from 2-D and 3-D calculations (Equation
81)

h Vortex action point location on a body. See Equation
(73).

L Leading—edge length

N Body mnose length

G Local tip suction singularity parameter

k Residual vortex lift factor

2 Unit normal vector

N Number of chordwise vortex elements in a strip

P Roll rate

p pb/2V

q Pitch rate

T Radial coordinate or yaw rate

T rb/2v

0
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Y

Position vector

Average vortex action radius in producing force
through momentum transfer. See Equation (46).

Leading—edge radius

Vortex action point location measured from the
leading—edge

Body radius
Reference area
Total tip suction coefficient

Induced velocity components along X, ¥y, 2
coordinates, respectively

Total velocity vector

Induced normal veloecity
Freestream velocity

Cartesian coordinates with x being positive pointing
downstream, a positive y pointing to the right, and a
positive z pointing upwards

Body axial station downstrem of which the potential
flow does not exist

Body axial station at which the vortex separation
starts

Nondimensional x-distance from the trailing edge to
the vortex breakdown point

Leading-edge x—coordinate

Spanwise location of vortex breakdown point
nondimensionalized with respect to half span

Nondimensional centroid location of the Es—
distribution from inboard to n of ¢
s (max)
Distance from apex to centroid of ¢ _—distribution
from inboard to n of ¢ , measured along the
leading edge and refer%éga%z half span

vii



Camber surface ordinate

z-coordinate of the leading edge

Angle of attack
Sectional angle of zero 1lift

o for vortex breakdown at the trailing edge in
symmetrical loading

Angle of attack of initial vortex separation

Difference in angles of attack at tip and root
sections, negative for washout

Sideslip angle, or V1 — M

Aileron deflection angle

Angle of chordwise camber slope

Rudder deflection angle

y/b/2

Sectional circulation

Nondimensional streamwise vortex density
Nondimensional spanwise vortex density
Sweep angle

Geometric dihedral

Velocity potential

Density

Angular coordinate of a body cross section

Angular location of the augmented-vortex action point
on a body cross section

Angular location of the vortex action point on a body
cross section
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Subscript

a

aug

BR

BL

tw

v,1le

Abbreviation

PAN AIR
QVIM
SAAP

VSAERO

Antisymmetrical loading
Augmented

Due to o inrsymmetrical
Sideslip

Vortex breakdown on the
Vortex breakdown on the
Fuselage

Leading edge

Maximum

Normal direction

Roll rate

Yaw rate

Tip -

Twist

Leading—edge vortex
Wing

Normal to a planform

Freestream

Panel Aerodynamics

loading

right wing

left wing

Quasi—-Vortex-Lattice Method

Stalled Airfoil Analysis Program

Vortex Separation Aerodynamics
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1, INTRODUCTION

Currently there is a strong interest in the technical community
in longitudinal and lateral-directional aerodynamics at high angles
of attack for fighter aircraft. Maneuvering flight at high angles
of attack may induce boundary-layer separation and vortex—separated
flow over aerodynamic surfaces. These flow phenomena affect not
only the individual aerodynamic surfaces on which these phenonena
occur but also those in close proximity. As a result of an adverse
pressure gradient, the well organized vortex flow may break down,
significantly changing the aerodynamics of the vehicle. These flow
patterns are now well known qualitatively for fighter configurations
from extensive testing in wind and water tunnels. However,
development of quantitative prediction methods has not kept pace
with tunnel testing.

Eventually, a theoretical method for predicting aerodynamics at
high angles of attack would be ideally based on Navier-Stokes
solutions with appropriate turbulence modeling. However, for
applications to preliminary design, this is not feasible at the
present time due to inadequate computer resources. Therefore, a
practical approach would be one involving panel or panelflike
methods with corrections for high angle-of-attack flow féatures.

For example, one currently available computer code for complete
aircraft configurations is the PAN AIR (refs. 1 and 2). This code
is based on the solution of the Prandtl-Glauert equation and may

include boundary layer corrections. However, its applications to



g

configurations with extensive boundary—layer separation or vortex
flow have not been demonstrated. It should be noted that
symmetrical vortex flow without breakdown on simple configurations
has been dealt with successfully in reference 3 based on a panel
method. Similarly, the VSAERO code (refs. 4 and 5) was developed
mainly for symmetrical flight conditions with vortex flow and
boundary layer correction at moderate angles of attack. A
comprehensive method for lateral-directional aerodynamics with
aeroelastic effect is that of the FLEXSTAB (ref. 6). However, it
was valid only in the region of linear aerodynamics, and hence at
low angles of attack. Recently, the VSAERO code has been extended
to calculation of stability and control characteristics of airplanes
(ref. 7). Again, applications to high angle-of-attack aerodynamics
have not been reported.

To remedy the inadequacy of existing methods, in particular in
the area of nonlinear lateral-directional aerodynamics, the VORSTAB
code was developed for vortex—dominated configurations (ref. 8).
The effect of vortex 1lift is included through the method of suction
analogy. To account for the effect of vortex breakdown,
experimental data were used through a theoretical correlation
parameter. The code was later extended to treat conventional
fighter configurations by using nonlinear section data for the
effect of boundary-layer separation (ref. 9). The nonlinear section
data could be experimental or theoretical. This was done to avoid
extreme difficulty in theoretical prediction of three-dimensional

viscous separated flows.



In the present investigation, extensive applications of the
extended VORSTAB code to fighter configurations.in nonlinear
longitudinal and lateral-directional aerodynamics will be
reported. Both theoretical and empirical methods used in the code
will be described. Numerical results for several current fighter

aircraft will be presented.

2. THEORETICAL APPROACHES

2.1 General Concept

The main flow features accounted for in the VORSTAB code are
illustrated in Figure 1. The fiow model in the code 1is the
potential subsonic flow, with corrections for the vortex flow effect
and the boundary layer separation. The potential flow calculation
is based on the small disturbance approximation of the gas dynamic
equations which result in the Prandtl-Glauert equation. There are
two kinds of flow singularities used in the program: horseshoe
vortices for lifting surfaces and vortex multiplets for the
fuselage. The strength of the singularities can be obtained by
satisfying the boundary conditions on the fuselage and lifting
surfaces. To properly account for the leading—edge singﬁlarity of
pressure loading in the linear theory, and hence the leading-edge
thrust, the Quasi-Vortex-Lattice Method (QVLM) is used (ref. 10).
The 1lifting pressure distribution can also be correctly calculated

by this methed.



In addition to potential flow, the vortex flow also
significantly affects the high angle-of-attack aerodynamics. The
characteristics associated with vortex flow include vortex 1lift,
action points, breakdown effect, etc. The suction analogy is used
to compute the leading— and side—edge suction forces generated by
the vortex flow. The action point is predicted by applying the
linear momentum principle of fluid mechanics. Vortex-breakdown
angles of attack and progression rates are obtained from semi-
empirical formulas derived from analysis of experimental data.

Another phenomenon limiting the high angle-of-—attack flight
envelopes for high performance aircraft is the boundary-layef
separation. To account for this effect, sectional nonlinear data
are used iteratively to account for the viscous effect on the
lifting surfaces. 1In the following, methodologies used in the code

will be summarized.

2.2 Potential Flow Theory (Quasi-Vortex—Lattice Method)

As indicated earlier, the present potential flow method is '

B3

based on the solution of the Prandtl-Glauert equation:t

2 2 2
(- 2, 2, 20
Ix dy 3z

=0 (1)

where ® is the perturbation velocity potential. The solution is
represented by vortex distributions. The thin wing approximation is

used throughout.



2.2.1 Boundary Condition

The boundary condition for the Prandtl-Glauert equation on the
wing is that the normal velocity component to the wing surface

should be zero. Assume that the wing surface can be described as

z = z,(x,y) (2)

Therefore, a unit normal vector on the wing surface can be defined

as
azc > 3z N
-1 - i+k
K - X ay (3)
9z 9z
WA cy2
N (50 Y

The total velocity vector is
V= (V cosa + wi + v} + (w + szina)ﬁ .
Applying the tangency condition

Fe72=0 (%)

the boundary condition becomes

9z 3z

~V cosq — = Vv ==+ V sina +w = 0 (5)
o 9x oy o

where uBzc/Ex has been ignored as a second-order term. For a wing

with dihedral (¢) and twist (o), it can be shown that (ref. 11)

dzc
- + o——
9z sinatw dxz cosatw
< = (6a)
9x dzc
+—C o4
cos¢(cosatw i 31natw)
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dzc
sin¢$ cosa__ + —— cos¢

dz tw dy
c _ 2 (6b)
3y dzc
cos¢ cosa,__ = -—— sing
tw dy2

where the (xz, y2) coordinate system is illustrated in Figure 2.
Basically, it is a coordinate system based on the local wing chord
plane in a nonplanar configuration. For a cambered wing with small

spanwise slopes (dzc/dyz), it can be shown from Equation (6b) that

8zc
-—'—-ay = tancb (7)

Therefore, the wing boundary condition becomes

=¥ - Y si
Vn =5 cos ¢ 7 sing
o €0
azc
= cos¢ 5— cosa ~ cos¢ sina (8)

With the presence of a fuselage, the induced velocity Vn on the
wing consists of two terms: the effect of the wing and the effect
of the fuselage. The boundary conditions on the wing and fuselage

becone, for the longitudinal case,

Wing
8zc
Vi T Vpe = €0s¢ 5— cosa - cos¢ sina (9)
Fuselage
20 ad
3;2 +(3?Z = cosa %§~— sina cos#® (10)

where R(x) is the fuselage radius. The fuselage coordinate system

(x, 8, r) is illustrated in Figure 3.



For an airplane having angular motions with rates p, q, and r,

‘the induced velocity at (x, y, z) due to these angular rates is
-(—Ip + Eq - kr) x (Ix + 3& + kz)
= I(-qz - ry) + f(rx - pz) + K(py + qx) QED)

Adding a sideslip velocity, -BV_, to the total velocity, the latter

becomes
¥ = (V cosa = qz = ry + Wi +
+ (v + rx - pz - BVm)3 + R(w + py + g% + V_sina) (12)

Substituting Equation (12) into Equation (4) and using Equation (7),
the boundary condition for the angular motion becomes, after

removing steady symmetrical condition and second-~order terms,

Wing
W
= + — — —
Vn Vn an T coso sing

~Bsing + 5"—‘;:—2-2- sing - BY.V‘:_:&& cosé

= ~Bsin¢ + (%%:)C%E)sin¢ - C%%:)‘%-(y cos¢ + z sing)
- (%‘ff;)(?)cow | | (13)

In the current version of the code, the effect of pitching (q-
term) has not been implemented. On a circular fuselage, the

condition is

f b (2
- Tﬂ = Bsin® ~ (-%—,:)(—B-}E]sine (14)



To satisfy these boundary conditions, two types of flow
singularities are used in the program: horseshoe vortices
representing lifting surfaces and vortex multiplets for the
fuselage. To sum the effect of horseshoe vor;ices, the QVLM
methodology is used to account for mathematical singularities of the
square-root type at the leading édges and the Cauchy type. A two-
dimensional formulation will be used to illustrate these points in
the next section.

For the fuselage effect, G. N. Ward's vortex multiplets are
distributed along the fuselage axis (ref.12)., The velocity

potential is given by

+ 82r2]n

£9 ix - 0)? + g’

ft [x - &+ /(x - E)Z

_ 1 cos nf
op(x,8,1) = ’ZTTTE {oin no!

fn(E)dE

L]

(15)
where cos n6 is for the longitudinal case and sin n® is for the
lateral-directional case. When Equation (15) is substituted into
Equation (10) or (14), it appears that the latter can be decomposed
into Fourier components if the wing effect, ;;ﬂ, is also decomposed

likewise. Let

b

wo_ cos nf
or nzlan{sin né (16)

Then, the Fourier coefficients are given by

_2 w cos nb
n m f (Br ){81n ne} an



This concept is implemented by calculating the normal velocity on
ithe fuselage circumference induced by the wing vortex distribution
at a number of fuselage stations and performing numerical
integration of Equation (17). This method of Fourier component
matching in satisfying the fuselage boundary condition has the
advantage of requiring a much lower number of flow singularities in
the solution process.

It should be noted that when a combination of surface and axial
vortex distributions is used, the wing loading may become too low at
the wing—fuselage juncture due to the horseshoe-vortex
discretization of wing vortex distributions. This problem is solved
in the present code, under the symmetrical loading condition, by
eliminating the inboard trailing vortices associated with the root
vortex strip. This idea is still correct even if the fuselage is
absent. If this is not done, the root vortex strip will exhibit a
loading similar to that near the wing tip. However, this step is
not needed for the antisymmetrical case in the lateral-directional
motion.

Detailed expressions for the induced velocity vector to be used
in the boundary conditions can be found in reference 10 for lifting
surfaces and reference 13 for a body. WNote that the wake of the

lifting surfaces is assumed to be flat.



2,2.2 Calculation of Leading-Edge Suction

To illustrate the essential idea of QVIM, consider a thin
airfoil in a two-dimensional flow. The induced velocity at x on the

chord line is

1
w(x,0) = -+ | %ﬁ—ﬁ—)-%-g- (18)
0

The integrand in Equation (18) possesses a Cauchy singularity at £ =
%X« In addition, y(Z) has a square-root singularity at £ = 0. To
eliminate the square-root singularity, the x—coordinate is
transformed to a 8-coordinate through the following relation:

_ (1 - cos#)

X =S (19)
£ = (1 —zcose') (20)

Therefore, Equation (18) becomes

_ 1 /" y(8")sin6'de"
w(®) = 7;.5 cosh = cosB' (21)
Let
g(8) = y(8)sin(6) (22)

Since y(6) has a square-root singularity at 6 = 0 and sin® vanishes
at ® = 0 as the square root of x, the square-root singularity
of y(8) is eliminated by the factor sin®. Equation (21) can be

written as

_ 1 M g(e") - g(9)de
w(6) = 7;-5 cos® — cos®’ (23)

Equation (23) can now be reduced to a finite sum through the

midpoint trapezoidal rule as follows:

10



-1 kak(l-xk)”2 N , i=0

wix,) = — + (24)
1 R " 0 , 1#0

X, at ei = in/N

xk at Ok = (2k - 1)w/2N

where C is related to a frequently~used leading—edge singularity

paranmeter C'

C' = lim u(x)vx = 1im4% y(x)Vx =
x>0 x>0

[ e

(25)

and can be computed once Yk's are obtained.

In a three~dimensional flow, the wing surface is divided into
vortex strips. Over each vortex strip, the vortex integral is
reduced to a finite sum in exactly the same manner as in the thin
airfoil case described gbove with the leading-edge singularity

parameter C calculated from the following relation (ref. 10):

NC/tanzAz + 82 = ) induced upwash at f.e.

9z

€ cosa - cos¢sinal (26)
9x

~[cos¢

The sectional leading—edge thrust coefficient (ct) is then given by

wC2/1 - Mzcoszh
o 2

= 7
Ce ZCOSAR 27)

2.2.3 Pressure Distribution and Total Force and Moment Calculation

In the linearized theory of both compressible and

incompressible flow, the wing pressure coefficient (Cp) is related

11



to u in the expression

= g B
C =-25 (28)

o0

In the thin wing theory, the vortex density function Yy

equals -2 %}u Therefore, the lifting pressure is given by

oo

AC = 2y (29)
P y

At any angle of attack, the pressure difference can be shown as

(ref. 11)
v o= + - .
ACp cos(a + a Gc) Zyy (30)
-1 dz
where SC, equal to tan (3;5), is the angle of the camber slope of
2

the surface relative to the chord line.

For a cambered wing, additional lifting pressure will be
generated from the interaction of a freestream component with the
streamwise vortex density Yo Adding this component of lifting

pressure to AC;, the lifting pressure coefficient becomes (ref.ll)

W o_ " _ . _ . R +
ACP cos{a e . Sc) ZYy 2YX51na sin(¢ ¢y) (31)
-1 dz
where ¢ is the dihedral angle, ¢ = tan -—£).
y dy,

With the pressure distribution calculated, the sectional force
coefficient in potential flow can be calculated by chordwise

integration as

1 St 0z ] 9z 9 9z 911/2
4 " © i eAC;[SES sina + cosa]/[1 + =3§5) + (5529 ] / dx (32)
Le

12



1 St dz 3z o 3, 9 1/9
cd,p = E.i éACS[“ 3;5 coso + sina]/[l + (525) + C§§£) ] / dx  (33)
le

In an attached flow, a,p must be reduced with the leading-—edge
3
thrust. The total force coefficients are calculated by spanwise

integration of sectional force coefficients as

c, cd (34)
P y

cdy (35)

The sectional pitching moment coefficient is

1 Xte ., azc BZC 0z
Cup = " —E-f ACP(AX + Az 32—)/[1 + (Bx ) (3y
’ c Xze

21M%ax (36

where Ax and Az are the moment arms of the horseshoe vortex
elements. Therefore, the total pitching moment coefficient in
potential flow for a lifting surface is

b/2

=-Z: [ czdy (37)
Sc 0

m’P m,p

The pressure distribution on a body of revolution is computed

by the following second—order formula:

c = -2y - [(1 ~ Mz)u2 + vz + W2] (38)
p(£) o

where u, v, and w are nondimensional perturbed velocity components
referred to the freestream velocity. Converting the veloeity
components u, v, and w to cylindrical coordinates, Equation (38)

becomes

2 2 2 dR 1 239 2
= - + + + — Gtk A
Cp(f) 1 (1 u) M_u (cosa dx) + (r Y sina sin6)

(39)

13



where the dR/dx~term is obtained with Equation (10) for the normal
induced velocity on the body surface. The fuselage sectional normal
force coefficients can be calculated by integration along the
circumference as

2% T
1
I e e 6 = =2 8 9 40
cn(f) - £ Cp(f)cose rd é Cp(f)cos d (40)

By integrating the sectional normal force coefficients along the
fuselage, the total normal force can be calculated:

1 P

= 41

CN(f) S rc (f)dX . ( )
£

where X5 is the fuselage station behind which the potential flow
does not exist (ref. 14).
Similarly, the fuselage moment coefficient can be obtained from

X
i P rcn(f)xdx (42)

2

Cm(f) -

wn lw
o1

2.3 Vortex Flow Theory

2.3.1 A Generalized Suction Analogy

Experiments show that for a low aspect-ratio wing with sharp
leading edges, the flow always separates from the leading edge and
rolls up into spiral vortex sheets and reattaches inboard of the
vortex sheets. A typical flow field of leading edge vortex is shown
in Figure 4. Due to this kind of flow separation, the pressure
distribution on a low aspect-ratio wing is different from that given

by the thin wing theory. 1In the method of suction analogy (ref. 15),

14



if the flow over the vortex sheets reattaches, the vortex lift on
the wing is assumed to be the same as the leading edge suction force
in attached flow. Such vortex separation also occurs along the tips
(ref. 16). Therefore, it is essential to be able to predict
accurately the leading—edge and side—edge suction coefficients.

To calculate the sectional leading-edge suction coefficient
(cs), note that the suction force is the force which is normal to
the leading edge, while the leading-edge thrust is the force in the
x-z plane. The leading-edge thrust coefficient is calculated with
Equation (27). For a plane wing, the sectional suction coefficient
(eg) is related to the thrust coefficient (c.) as

cg = cp/coshy . (43)

For a cambered wing with dihedral (¢), the relation is more

complicated. The latter was derived in Reference 11 and is given as

V1 + (.af&)z + (_afs)z |§E
0 = e ox oy dy (44)
s t azc dzz 2 Bzc Szc 211/2
{[3;-71'}7-4‘ 1%+ [- % 5y tanh, |”}
where
dz 3z 3z
a—grz- = -5'-}22 tanA’L + —a‘};‘g (45)
and
> dz
[% = /1 + tan’a, + (3-}7’9)2 (46)

The side-edge suction coefficient will be given later, as it is

an essential parameter in lateral-directional aerodynamics.
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In addition, when the leading—edge vortex system passes over an
area downstream of the leading-edge tip, additional vortex lift is
developed. This additional 1lift is called’the augmented vortex lift
(ref. 16). To derive an expression for the latter, consider the
geometry in Figure 5. 1If the total vortex 1ift produced along the
strake leading edge is equated to the force due to momentum

transfer, then

fva(ﬁv . dK)

1 .2
_f - prcScdy

= —fZQVV(VVranSZ,)
It follows that
Ve
r == [ c_cdy (47)
av wiz S

where £ is the leading-edge length over which the vortex lift is
generated. If the augmented vortex lift (F,) is assumed to be the
force produced by momentum transfer over a length (c) as shown in

Figure 5, then

1
Fa Laug) 2 p V'S = 2pV (V crav)
1 2¢c
=3 PV Z'f cscdy

Therefore, the augmented vortex lift coefficient is given by

o

CL(aug) "2 CL(V,,(’,e) (48)

where
C = l-f c_cdy (49)
L(v,%e) S s

16



The sectional aerodynamic characteristics due to the leading-—

edge vortex are given as follows:

3z 9z az'

—— ' 2 241/2
c%,vze = CS(BXC sina + cosa)/[l + C§§S) + (ayc) ] / (50)
oz 3z 8z
e i 2 211/2
Cd,vle = cs(— axc cosa + 51na)/[1 + GSEE) + (Byc) ] / (51)
¢ 3z 9z 52
=-= c ¢y2 cy211/2
Cmyvie T "o (MKge * 2y wo)/[1 o+ (55)7 4 (5771 (52)

Therefore, the total aerodynamic characteristics due to the leading-—

edge vortex are

s b/2
CL,VZe ='§ é cx,vleCdy (33)
b/2
Cp,vie =5 é ®q,vee® (54)
2
a, e =-£: fb/ c Vgeczdy (55)
Sc O > :

2,3,2 Effect of Leading-Edge Radius on Vortex Separation

Kulfan assumed that on a slender wing the leading-edge vortex
separation starts at an angle of attack (as) at which the leading-
edge drag equals the leading-edge thrust (refs. 17 and 18). This
condition has been shown to be consistent with the angle pf attack
at which the leading~edge laminar separation first occurs.(ref. 19).
To calculate as, consider a cambered wing. The sectional leading-

edge suction coefficient can be written as

¢ = K(sina + « )2 (56)
s o

17



where K is a function of geometry and Mach number, and ao is the
sectional angle of zero lift. For a wing, the sectional leading-
edge thrust coefficient was given in Equation 27. The leading—edge
singularity paramefer at any o can be written as

C = K'(sina + ao) (57)

Therefore, the leading—edge singularity parameter C; at ag is
obtained as

C, = C(sinaS + ao)/(sina + ao) (58)

The starting angle of attack (a;) of the leading-edge vortex
separation can be obtained by equating the leading—edge drag to the
leading—edge thrust. Using the expression for the leading-—edge drag

from reference 20, it is obtained that

r cosA (sina + o )2 (1 - MzcoszA )1/2

0 2 2 s o) @ 2
T 5 2 /2 2 ° 2 cosh (59)

(1 - M cos Az) (sinao + ao) L
where r, is the leading-edge radius. It follows that
sina + o r
- 2
o = sin (& 0 (2 1/2 ch 71 - Mieosta ) - a1 (60)
s C c £ S 2 o)

With Og calculated, the sectional thrust coefficient at o > o is

given by

0
]

00

(w/Z)Cg(l - MzcoszA%)l/z/cosAz (61)

where

C,

Clsin(a - as) + ao]/(sina + ao) (62)

This sectional thrust coefficient is converted into the vortex lift

coefficient through the suction analogy. From Equation (62), it can

18



be seen that the effect of a rounded leading edge is to decrease the

vortex 1lift at an a > as.

2.3.3 Concept of Vortex Action Point

In developing the concept of the vortex action point, the
linear momentum principle of fluid mechanics is used. It is assumed
that the veloecity distribution around the vortex in the longitudinal
plane parallel to the freestream is similar to that in the cross-
flow plane (Fig. f). 1If a control surface ¢ is taken through the
vortex center as shown in Figure 7, the vortex force should be equal
to the vertical component of the force due to the momentum transfer
through the control surface o. As shown previously, the vortex
force acting on the wing is l-pViccS . It follows that the force

2

acting on the control volume is

1 > > > >
- — = [ 3 = - . 63
5 PV,C fpvz(v dt) = [ (sz' oV, W oe dr (63)
o g in out
To find an average V, let
[Vv] = v, = £V, (64)

where f is a constant. Therefore for a unit span

]

[ V. =V W edt=-fV [[ oV dt+ [ oV drl
z, z o« z., Z .
in out in out

]

-waZp(wa)rv | (65)

where ry is the location of the vortex action point from the leading

edge. From Equations (63) and (65) it is found that
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;= ‘1.5 o e (66a)
v 4 s

In the program, f is determined to be 0.5 for subsonic flow (ref.
11). Therefore, the action point location (rv) is

r, = c cg (66b)

2.3.4 Effect of Vortex Breakdown

The.effect of vortex breakdown is one of the important factors
affecting the aerodynamics of high performance aircraft. Since
there is no comprehensive theory to predict the breakdown location
and the residual vortex strength after breakdown, a semi-empirical
formula derived from a least~square analysis of available data is
used in the program.

Lamar (ref. 16) observed that for delta wings, the angles of
attack for vortex breakdown at the trailing edge (aBD) is related to

the leading-edge suction distribution (cs). Let

c, =c¢ cs/z sin’a (67)
where ¢ is the mean aerodynamic chord (MAC). Since cg is

proportional to sinza, it follows that Zs is a function of planform
and Mach number. From a least-square analysis of Wentz's data (ref.

21), it was found that apps expressed in degrees, would fall on a

single curve described as follows:

apy = 9.195 - 23.73452 + 60.810§i - 33.5335° + 7.39191 - 0. 581}2,
if y .5 .
ify, < 2.5
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o = 38.0, if Y, 2 2.5 (68)

where ;2 is the distance from apex to centroid of the Es
distribution from inboard to n of Es(max) measured along the leading
edge and referred to the half span. This is illustrated in Figure
8a.

The progression rate of the breakdown point on delta wings
at a > Gap Was also analyzed based on Wentz's data. Although there

was considerable scatter in the experimental data (Fig. 8b), a

single curve based on a least-square analysis was obtained to be

AR = 0.457(Aa) - 1615(Aa)> + 0.0303(Aq)> — 0.0027(Ax)"
+ 0.00009(Aa)5, if Aa < 8.0 deg. (69)
Ax = 0.5392 + 0.0226(Aa), if Aa > 8.0 deg.

where Aa = a — aBD»and Ax is the nondimensional x-distance, referred
to the root chord, from the trailing edge to the breakdown point.

It is known that the vortex strength after breakdown is reduced
but not vanished. 1In the VORSTAB code, the sectional cgec at any
station where vortex breakdown occurs is multiplied by a factor k to

represent the residual vortex lift. The factor k is determined,

again, by analyzing Wentz's data and is found to be (ref. 22)

k = 0.131 + 0.384§2, if 52 < 1.49

k = 0,951 - 0.2087, + 0.028§i, 1f 1,49 < 3, < 3.71

k = 0.5, if §2 > 3.72 (70)
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In addition, it was found that upper surface slopes in the
spanwise direction due to thickness distribution will affect the
movement of the burst point (ref. 23). To model this effect, it is
assumed that the local angle of attack is changed by an amount equal
to the spanwise upper surface angle; i.e., tan—l(az/ay). The new
local angle of attack is used in Equation (69) to determine the
vortex burst point iteratively because 3z/3y is, in general, not a
constant. This effect was found to be quite significant for a

highly cambered wing, such as the F-106B configuration.

2.3.5 Fuselage Vortex Lift

If the aspect ratio of a slender thick wing is reduced,
eventually it becomes a slender body. If the method of suction
analogy is applicable to the former, it should also be applicable to
the latter. Based on this assumption, the following method for
calculating body vortex lift was developed. The method is based on
the following assumptions and procedures.

1. As mentioned previously, the attached flow solution is
obtained with the axial distribution of G. N. Ward's
vortex multiplets.

2. At any axial station, vortex separation starts at a 96—
circumference location where CP is minimum and negative.
This assumption has been shown to be reasonable (ref.
24). At low angles of attack, Cp may be positive

everywhere near the nose. 1In this case, no vortex
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separation is assumed to occur. In reference 24, the
axial station (xg) at which the vortex separation starts
must be assumed or given by experiments.

At any axial station, the side force component of the

negative C, in the region assumed to have vortex

p

separation is integrated to produce a sectional side force
coefficient (see Fig. 9):

c. = rtx) f r(x)Cpsin(e)de (71)

S¢

The obtained side force is assumed to be the suction force
produced by the separated vortex. This suction force is
presumed to be acting at 6, (Fig. 10) where

8 =0, = AD (72)
c min,p

A® (73)

h csf

Equations (72) and (73) imply that the vortex action point
is located at a distance from emin p being proportional to
b

the suction force. Therefore,

As =rAB=hre (74)
sf

Based on Equation (66a), h becomes

o= 1/¢4£%) (75)
In reference 25, f is determined to be 1/Y"2 in subsonic
flow. Therefore, h = 0.5 is used in the program.

Withyec calculated from Equation (72), sectional
normal force coefficient due to the vortex is given by

°N,v = Cgf coseC (76)
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4, Similar to a wing, the augmented body vortex lift exists
whenever the planview of a body is not of the delta
type. Therefore, the concept employed in calculating the
augmented vortex lift for a wing is also applicable for a
body. Thus, if Csf,N is the total suction force
coefficient from the nose portion, the augmented normal

force coefficient CN,VA is given by

CN,VA =c Csf,N cosSA/zn 77

where ¢ is the length over which the nose vortex passes

and %, is the nose length. Note that 64 is the location
of augmented vortex action point and is assumed to be
equal to 8, at the body shoulder. Some calculated results
for the body vortex 1ift in both subsonic and supersonic

flows can be found in Reference 25,

2.4 Effect of Boundary Layer Separation

It is known that the classical lifting line theory cannot be
used for most lifting surfaces of fighter configurations because of
limitations of the theory on aspect ratios and sweep angles of
lifting surfaces. Furthermore, existing methods for calculating
stall and post-stall characteristics of 1lifting surfaces are not
satisfactory, particularly for thin wings used on fighter
configurations. To improve the prediction methodology, a method

based on utilizing nonlinear section data was developed (ref. 9).
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In this method, the nonlinear sectional data was used as near-
field solutions to be matched iteratively with far—~field solutions
obtained from the lifting surface theory. Based on this concept, it
is assumed that the effectvof flow separation 1s to reduce the local
angle of attack by Ao at a spanwise station. Therefore, the
effective angle of attack at any spanwise section becomes

a =0oa -0, —a - Ao (78)
e n i 0 ;

where a, is the geometric angle normal to the section which may have
dihedral, o; is the induced angle of attack, o, is the angle of zero
lift, and Aa represents a reduction in o, to be calculated due to

viscous effects. It follows that

= -~a -a - 7
C4(3-D) czasin(an @, - o Ao) (79)
. - _w241/2 .
Assuning c, = 2w/ (1 Mm) » Equation (78) can be solved for oy:
: o
-1 C -
a, = a_ - sin 1[ 2(3 D)] - a_ - Aa (80)
i n ¢, 0
o

Let the 2-D sectional 1lift coefficient evaluated at an - ai be

€ (2-D) and let

_ S2(2-p)
€2(3-D)

f (81)

Since o (3-D) is computed with an inviscid theory, its value is
usually larger than ©4(2-D) if Ao = 0. Therefore, f is usually less
than 1.0. 1In this case, a geometric angle of attack (a') which
produces the reduced lift can be found. That is,

sina' = f sina
n

or,
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o' = sin~1(f sinah) (82)

It follows that Aa in Equation (78) becomes

Aa = a - a (83)

The solution is obtained iteratively as follows:
1. Assume Ao = 0.

2. Find a;

i from Equation (80).

3. Calculate f from Equation (81).

4, Determine Ao from Equations (82) and (83).

5. Use Aa to reduce o in the 3-D boundary condition to
determine c2(3_D).

6. Repeat steps 2 through 5 until the successive total 1lift

coefficients differ by less than 0.5%.

For a configuration of moderate aspect ratio with vortex 1lift,
the iterative procedures described above are not started until the
predicted vortex breakdown occurs. Before vortex breakdown, the
viscous effect is accounted for only once without iteration. The
latter procedure is also used in calculating lateral-directional
aerodynamics. That is, lateral-directional aerodynamic
characteristics are calculated without iteration only after the
calculation for longitudinal characteristics has converged. In
addition, when a wing with a separated flow is subjected to a
positive sideslip or roll rate, part of the left-wing separated
region may be reducéd or suppresssed because of reduced loading.
Therefore, the reduced 1ift due to separation may be recovered.
This effect of 1lift recovery will make the resulting roll moment

less negative and is included in the code.
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Based on experience, this method is applicable to most of the
current fighter configurations. However, if the lifting surfaces
are dominated by vortex flow, such as the F-106B configuration,

inviscid flow should be assumed.

2.5 Calculation of Lateral—-Directional Stability Derivatives in
Attached Flow

The lateral-directional stability derivatives to be discussed
in this study are B-, p—, and r—derivatives.

2.5.1 pB-Derivatives (CyB, C_ , and CRB)

ng

The distribution of lifting pressure coefficients in sideslip
can be written as

AC = 2 + inB (84)
0 (Yy Y sin )

Therefore, for small sideslip angles,
aC oY
2 2 y
v W e e f— +
Czs 58 SO / (53 Y Jcos8 y dy (85)

where 6 is the camber angle.

To compute the wing contribution to C

Y and Cns, the leading-

edge and side edge suction force components due to sideslip must be

calculated. The side—edge suction force per unit length is given as

(ref. 13)
St(x) = prZ(x) (86)

where G(x) is the singularity parameter of circulation Pt(y) at the
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tip and is related to Pt by

oT k
et = &' una - Fp'? 5 L (87)
3

For the antisymmetrical case, the total side—edge suction force can

be written as
S (x) = wp(G %G )2 (88)
t a a

where the plus sign is for the right wing and the minus sign for the
left wing, with subscripts o and a denoting symmetrical and
antisymmetrical cases, respectively.

The sectional leading—edge thrust coefficient in combined

symmetrical and antisymmetrical loading can be written as (ref. 13)

2
(Ca * Ca)
cosA'Q

(STE

2
¢ == +vV1 - M cos A
. o 2

. (89)

where Ca and Ca are leading-edge singularity parameters, for
symmetrical and antisymmetrical loading, respectively. If Ca due to
sideslip is denoted by CaB and c, due to sideslip only is AcX , then

B
the leading—edge thrust coefficient due to sideslip is given by

ZCaCa
2 2
e, =2/l - Mlcosh, ———t (90)
b:4 2 o % cosA
8 b4

Therefore, the wing side force due to leading—edge suction in
sideslip is

Ac. = Ac_ tanh (91)

be L
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The total wing side force due to sideslip contains four
‘sources:
1. Contribution from the side—edge suction

The side force along the side edge is

2
= 92
s, 'np(Ga + Ga) (92)
Therefore,
ast BGa
FER i TR ©3)

2. Contribution from the leading—edge suction

i =2 / c(y)Ac_ dy (94)
Ve % rigne VB
wing
3. Contribution from the incremental pressure force due to
geometric dihedral
The incremental lifting pressure force, which acts
normal to a planform, has components in the side force
direction. The contribution to CyB can be calculated by
integrating sectional contributions.
4, Contribution from the induced drag
The induced drag is assumed to act in the direction
of the freestream with sideslip. For small sidgslip
angles, the side force due to the induced drag éan be

computed as

AC_ = —C_ B
y D,
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It follows that

AC = =C (95)

The fuselage contribution to the side force coefficient can be
computed as

X
P

1
C == rec dx ‘ (96)
Ygy S i y(£)
2
where cy(f) is the fuselage sectional side force coefficient. The
contribution to CyB is obtained by differentiating Equation (96)
with B.

The yawing moment coefficients due to sideslip are obtained by

taking moment of all the side force components about the z-axis.

2.5.2 p-Derivatives (C_ , C_, and C_ )
o Tp *

The roll damping derivative C is computed by integrating the

%
antisymmetrical pressure force induced by the roll rate multiplied
by the spanwise moment arm. The side force and yawing moment due to
roll rate are contributed from the following sourées:

1. Contribution from the leading—edge suction

The incremental sectional leading—edge thrust

coefficient due to roll rate is
2C C

T 2 2 o a
Ac  ==+V1 - M cos A —_D (97)
xp 2 o0 A cosAz
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Therefore,

Ac = Ac_ tanA (98)
y X 2
P P
2
AC, =% [ c(y)Ae_ dy (99)
yp right yp
wing

2. Contribution from the side edge suction

BSt BGa
—a—P— = ZﬂpGa(i "'—‘P‘ap ) (100)

3. Contribution from the incremental pressure distribution
The concept described in relation to CyB is still

applicable to Cy + C, can be obtained by taking moment
p P
of all the side forces due to p about the z—axis.

2.5.3 r-Derivatives (Cyr, Cnr, and Czr)

The yawing motion can change the pressure distribution on the
lifting surfaces. The incremental pressure distribution due to yaw
rate consists of three components:

1. Due to yaw rate r, a backwash (ry) is produced (Fig. 11)

where y is the spanwise station. Therefore,

__Iy ‘ 101
Acpr V. Ty (101)

2. The sidewash (rx) effect produces

= - IX
A= -y

0

Yxcos¢ (102)

3. Wing-body interaction is calculated by satisfying the

boundary conditions.
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The calculation of C and C follows the same
Yy Dy

procedures as for computing CyB and C, .

2.6 Lateral-Directional Aerodynamics in Vortex Flow

It is indicated in references 26 and 27 that in a sideslip the
leading—edge vortex on the windward side is pushed inward and
downward, thus inducing additional vortex 1lift, while on the leeward
side it is pushed outward and upward, thus inducing less vortex
lift. To account for the increase in vortex 1lift on the windward
side, a "displacement-type" vortex lift is introduced. 1In addition,
vortex breakdown characteristics are also different from those of
the symmetrical flow situation. The flow mechanism and
computational methods for sideslip, yawing, and rolling motions are

described below.

2.6.1 Vortex Lift of the Displacement Type in Sideslip

The leading-edge singularity parameter, defined in Equation
(25), is proportional to the lifting pressure coefficient. As shown
in Equation (84), due to sideslip, an extra tern, Yxsins, is added
to the lifting pressure coefficient in symmetric flow. Since the
vorticity near the leading—edge must be parallel to the leading
edge, it follows that

c = Ca (1 ¢ tanAZsinB) (103)

(8)
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The leading-edge thrust coefficient in sideslip becomes

(1 - MicoszAz)l/2

_ 2 2
Ce(p) T (n/2)C (+ tanh,sinB + tan A sin B) cosh,
(104)
2.6.2 Vortex Lift of the Displacement Type in Yawing
The induced sidewash due to yawing is
X = X
- ref -

Br = 2 ———b—'———— r (105)
Therefore, the leading—edge singularity parameter due to yawing
becomes

= 0 106

2.6.3 Vortex Breakdown in Sideslip

With a sideslip angle B, the angles of attack for vortex

breakdown on the windward side (agp) and the leeward side (agy) are

calculated as follows:

1. Calculate §£ from the symmetrical suction dist?ibution
with the leading—edge sweep angles Az - B for the right
wing and Ag + B for the left wing.

2., Assume that the maximum vortex strength before breakdown
is unchanged by sideslip.» Because of increase in vortex
1ift on the right wing in a positive sideélip, the maximun

vortex strength would be reached at a lower a (i.e., opR)
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than opp on the right wing. Since the vortex strength is

represented by cg which is proportional to sinza, agp and

Opy, can be obtained by solving the following equation:
sinZo, . = sin® + (£ 2 sinf + tanh sinzB)sin2 (107)
BD “BR 3 %R ,

where "-" is for ag.

Similar to lift recovery in a viscous separated flow
mentioned earlier, vortex lift recovery is also
possible. When a slender wing is at an o greater than
%5 and at a positive sideslip, vortex breakdown on the
left wing may be suppressed, thereby recovering the
symmetrical vortex lift to make the rolling moment less

negative.

2,6.4 Vortex Breakdown in Yawing

The effect of yawing on vortex breakdown is similar to that due
to sideslip. Since the equivalent sideslip (B,) is variable along
the leading edge, the average of B. at a given y station and that at

the tip is used to determine breakdown a. In the program, ogj, for

the yawing motion is determined by a linear interpolation between
ogp and agg for sideslip.
2,6.,5 Vortex Breakdown in Rolling

Due to a positive roll, the local angle of attack on the right

wing is increased. 1t seems that the vortex breakdown angle would
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be decreased. However, rolling tends to move the centroid of the
vortex lift distribution outboard (i.e., to increase ;2).
Therefore, the vortex breakdown angle is increased. In the present
code, the vortex breakdown angle for the rolling motion is assumed

to be equal to opp for the symmetrical loading.

3. NUMERICAL RESULTS AND DISCUSSION

Earlier applications of the methods described herein can be
found in reference 22 for simple slender wings and in reference 9
for two complete configurationskéf airplanes. For simple slender
wings, the main objective was to show the effect of vortex
breakdown. On the other hand, for the airplane configurations it
was imperative tq account for the effect of boundary-layer
separation. For the latter, nonlinear section data including post-
stall charaéteristics are required.

The performance of some theoretical methods for predicting
airfoil characteristics up to stall has been reviewed by Blascovich
in reference 28. Rumsey found another method (i.e. the SAAP) to be
accurate in predicting czmax (ref. 29). These methods are typically
good for moderate to thick airfoils with angles of attack up to the
stall angle. At post-stall angles of attack and for thin‘airfoils
typically used on fighter wings, these methods are all
questionable, On a thin airfoil, the flow separation is usually of
the long bubble type. The latter is not well predicted by existing

methods. In view of the fact that all thin airfoils tend to behave
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in the same way as a flat plate (refs. 30 and 31), for the present
purpose it was decided to modify Eppler's code (ref. 32) by
including a modified free-wake theory (ref. 31). Typically, a thia
airfoil will stall at about 8 to 8.5 degrees of angle of attack.
After stall, the variation of Cgs Cq> and ¢, with angles of attack
is assumed to be given by the modified free-wake theory.

To obtain a better understanding in determining how an airplahe
configuration should be modeled for both longitudinal and lateral
calculation, several existing fighter configurations were
investigated. They are

(a) An F/A-18 configuration with and without leading edge flap

deflection. .

(b) A generic fighter model.

(¢) An F-16 configuratiom.

(d) An F-16XL configuration.

(e) The F-5 and modified configuratious.

(f) An X-29A forward swept wing airplane.

(g) An F-106B configuration.

In the following, some calculated results will be presented.
(a) An F/A-18 Configuration

The F/A-18 configuration is relatively complicated in
geometry., It has highly cambered strakes so that not only is the
viscous separation effect important on the wing at high angles of

attack but also the vortex lift is significant.
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The geometric model of the F/A-18 used in the calculation is
illustrated in Figure 12. Based on calculations with the modified
bEppler's code, the sectional characteristics shown in Figure 13 were
used in the VORSTAB calculation.

In these calculations, it is assumed that there is no boundary-
layer separation on the strakes. The strake vortex was observed to
pass through the lower surface of the vertical tails at angles of
attack lower than 20 degrees (ref.‘33). Thus the characteristic
length for the augmented-vortex lift (c) to be used is negative.
However, at angles of attack greater than or equal to 20 degrees, -
the augmented-vortex 1ift on the vertical tails should be
positive., Forebody vortex lift is assumed to exist. However,
interaction of the forebody vortices with the wvertical tails in the
lateral—-directional motion is not modeled in the present code. No
additional discrete vortices are placed at the strake-wing juncture
in the modeling for this configuration or for the F-16 to be
discussed later.

Longitudinal characteristics without the leading-edge flap
deflection are presented in Figure 14, It is seen that Cf is
slightly underpredicted and C, is more negative for angles of attack
in the range'of 15 to 30 degrees. This is perhaps caused by the
predicted vortex breakdown being too early in o and viscous
separation on the wing. Because of a relatively low sweep angle (26
degrees), the wing is predicted to have vortex breakdown at an angle
of attack of 12 degrees, instead of merely being displaced upwards

due to the influence of strake vortices (ref. 35).
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Lateral-directional coefficients CyB, Czs, and CnB of the same
configuration are presented in Figure 15, At angles of attack below
15 degrees, the VORSTAB code was capable of predicting well the
lateral-directional characteristics. However, discrepancy occurs at
higher angles, most probably due to the strong strake vortex passing
through the wvicinity of the vertical tails. 1In a positive sideslip,
the positive side force on the right vertical tail produced by the
right strake vortex may be greater than the negative side force on
the left vertical tail produced by the left wvortex, thus generating
a more negative CnB and a more positive CZB in the test results.
Another possible reason is the effect of wing wake on the vertical
tails (ref. 36). At present, these types of interference between
1ifting surfaces still can not be accurately predicted by the
program.

To see the effect of leading-edge flaps, nonlinear section data
are needed. The lift data are presented in Figure 16. Longitudinal
characteristics are well predicted, as shown in Figure 17, except
the pitching moment coefficients again are more negative at moderate
angles of attack. Since the leading—edge flap will delay the wing

separation effect, C is now more positive due to the reduced

n
)
effect of wing wake on the vertical tails and is shown to be more
accurately predicted as shown in Figure 18. The discrepancy in Cj
is mainly due to the predicted vortex—breakdown a of the wing in

sideslip being inaccurate. They are 24.7 and 25.9 degrees for the

right and left wings, respectively, compared with possible values of
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20 and 30 degrees in the data. Of course, the strake vortex
interaction again plays a role in the Cﬁg variation.
(b) A Generic Fighter Configuration

This is an airplane model tested in the 12-foot tunnel at NASA
Langley Research Center (ref. 37). As shown in Figure 19, the model
includes a cylindrical body with lifting and control surfaces made
of flat plates. Nonlinear sectional data from reference 31 were
used in the calculation (Fig. 20). In the calculation for the
viscous effect, an overrelaxation factor was used for the wing.
However, the horizontal tail required an underrelaxation factor to
achieve convergence. This is most probably due to a coplanar wing-
tail interaction. In this case, not only should the vortex strips
on the wing and tail be lined up to avoid unrealistiec downwash
induced on the tail, but also the relaxation factor on the tail must
be reduced to avoid divergence. Based on the experience with other
configurations, an underrelaxation factor of 0.5 for both surfaces
should also work well as an initial trial value. Because of a
relatively long forebody, body vortex lift is assumed to exist in
the calculation. This latter effect mainly affects the pitching
moment calculation in the present code.

Longitudinal characteristics are presented in Figure 21. It is
seen that the predicted results agree well with data, except that
the predicted Cm is more negative. Sideslip derivatives are shown

in Figure 22. At angles of attack greater than 22 degrees, both C;
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and CRB are not correctly predicted. This is probably due to the
contribution of asymmetric forebody vortices to CnB at high o. At a
positive sideslip, the asymmetric forebody vortices tend to produce
a positive side force near the nose and hence a more positive C,
for the whole configuration. The reason for the large change in Cz
at o > 25 degrees is not precisely known and could be the result of
interaction between asymmetric forebody vortices with the vertical
tail.
(¢) An F-16 Configuration

As seen in Figure 23, this airplane has a slender leading-edge
extension (or strake). Also, the sectional data (Fig. 24) are used
only on the winge. Body vortex lift is included in the
calculation. Like other airplanes which have been modeled, there is
no difficulty in modeling the lifting surfaces. However, the F-16
has a distinct inlet which makes the cross sections of an equivalent
body of revolution change too rapidly. Note that only a body of
revolution is allowed in the code. In addition, the inlet makes it
more difficult for the predicted fuselage aerodyuamic
characteristics to be reasonable if the real body shape with the
nacelle is used. Therefore, smooth body cross sections are
assumed. As shown in Figure 25, the longitudinal characteristics
are reasonably well predicted, up to an a of 25°.

Unlike the F/A-18 configuration, the strake for the F-16 model
was assumed noncambered and untwisted. Therefore, the

predicted o_ . was lower than that for the F/A-18 (31 vs 33

BD
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degrees). This might have affected the lift prediction at high a.
Another reason for the drop in Cj is that the k-factor for the
strake could be too low (see Eq. 70). Note that an inviscid theory
would overpredict the 1lift.

; The strake of this configuration is not as large as the one on
the F/A-18, Therefore, the influence of strake vortices on the
vertical tail is not as significant. The predicted lateral
characteristics agree well with the data, as shown in Figure 26;
(d) An F—16XL Configuration

This configuration (Fig. 27) consists of the fuselage and the
horizontal tail of the F-16A and a highly swept cranked wing. As
described in modeling the F-16A configuration, smooth body cross
sections are assumed. The inboard and outboard leading—edge swept
angles are 70 to .50 degrees, respectively. Because the vortex flow
is expected to be strong, nonlinear sectional data were not used in
the model. Body vortex 1ift is not modeled for this configuration.

Predicted results for longitudinal aerodynamics without viscous
effect are shown in Figure 28. Again, the prediction agrees well
with data. When sectional data were specified over the outbhoard
portion of the cranked wing, the predicted 1lift coefficient was too
low by about 14% at high o (not shown in the figure). However, all
other characteristics, including the lateral-directional parameters,
were well predicted. Sideslip derivatives are presented in Figure
29, Except at o > 30 degrees, both Cn and Cz are accurately

B8 B
computed. At high a, the
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discrepancy is most likely caused by the burst vortex flow on the
right side inducing positive side force on the vertical tail. The

latter would produce more negative Cn and positive cz « The
B B

predicted a for vortex breakdown for the inboard portion of the wing
in a positive sideslip (agg) is about 32 degrees.
(e) The F-5 and Modified Configurations

There are three wing configurations in this series of models:
the basic F-5, an F-5 fuselage with a swept wing, and an F-5
fuselage with a delta wing (Figs. 30 and 31). The F-5 configuration
is well known for its long forebody, which can generate strong
forebody vortices. For strong wing-dominated vortex flow, the
forebody vortex effect on longitudinal characteristics is minor
compared with the wing vortex 1lift. On the other hand, for a
moderate aspect-ratio wing, the body vortex may induce strong enough
spanwise pressure gradient on the wing to delay vortex breakdown on
the latter, in much the same way as a strake does.

In examining these three configurations, the swept angles of
the basic and swept wing configurations are not large. Thus they do
not have strong vortex 1ift effect and may be subjected to boundary
separation which is influenced by the forebody vortices. Since
there is no theoretical method available to determine the degree of
influence exerted by the forebody vortex on the wing flow field, at
the present time this can only be done empirically.

The basic assumption made in this regard is that the forebody
vortex is to produce a favorable pressure gradient on the wing to

delay vortex breakdown and the fuselage downstream of the wing
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leading edge is to cause earlier vortex breakdown. The magnitude of
these effects is assumed to be proportional to a distance equal to
the projected area of the corresponding portion of the fuselage on
the x-y plane divided by the fuselage radius at the strake region
plus the strake width if it is present. The increase or decrease in
agp is then taken to be the Aa by which a vortex burst point will
move over that distance.

The sectional data used in the calculation are again generated
with the revised Eppler's code and are shown in Figure 32.
Longitudinal characteristics of the basic configuration are shown in
Figure 33. The prediction is seen to agree well with the data.
Again, including the nonlinear section data improves significantly
the agreement of the lift curve. Sideslip derivatives for both C,
and CQB are also well predicted (Fig. 34). Note that the
nonlinearity of CnB with o is mainly predicted by the following
mechanisms. A positive sideslip will produce a negative side force
as usual. However, the freestream (i.e. V_sina) results in a
negative sideslip to the vertical tail producing a positive side
force. The wing downwash, viewed as a positive sideslip to the
vertical tail, will produce a negative side force. 1In earlier
versions of the VORSTAB, the wing downwash effect was not included
so that CnB would be decreased rather quickly as a is increased.
With both V_sina and wing downwash included, Cns will decrease more
gradually. As o is further increased, the wing vortex will burst
and the boundary layer will separate to decrease the wing downwash

at the vertical tail. At the same time, the local dynamic pressure
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would be lower. All of these effects are to reduce the negative
side force at the vertical tail. 1In the present code, an assumption
is made to remove the wing downwash effect on the vertical tail as
soon as ag, is reached. This assumption appears'to work well for
the basic F-5 configuration. At o > 30 degrees, the forebody
vortices will have a dominating effect by producing forces on the
forebody and interference on the vertical tail and are not modeled
in the code.

For the F-5 configuration with a swept wing (A = 51 degrees),
both vortex lift and viscous separation are important. The wing has
a snag which is known to generate a vortex at high a that pro@uces
downwash on the outboard wing section and divides the wing vortex
system into two. Each system is assumed to generate augmented
vortex lift on the inboard or the outboard section of the wing, as
the case may be. As shown in Figure 35, the longitudinal
characteristics are well predicted. The total augmented vortex lift
is only about 6 percent of the total 1lift at a = 30 degrees.
Sideslip derivatives are presented in Figure 36. As shown,
calculations with or without viscous effect are seen to give similar
results which agree reasonably well with the data. Note that the
effect of vortex breakdown is quite important for this configuration
and was included in both sets of calculations.

For the configuration with a delta wing, the wing sweep (A = 59
degrees) is expected to produce a vortex—dominated flow field.
Therefore, the viscous effects were neglected in the calculation.

As shown in Figure 37, Cp, Cp and C, are underestimated
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at o > 20 degrees (Fig. 37), mainly because app is underpredicted.
For the sideslip derivatives (Fig. 38), since C, is well
calculated, the discrepancy of CzB must be caused by early unloading
at the wing tip. It is known that tip loading of a delta wing may
be reddced by either vortex inboard migration or viscous separation
because of high loading, or both.

(f) An X-29A Forward Swept Wing Configuration

The geometry of the model is presented in Figure 39. The model
wing is made of a flat plate with a leading—edge radius equal to
1.3% of the root chord. The control surfaces include the canard,
wing trailing-edge flaperons, and the fuselage-mounted straked
flaps. The flaperons and strake flaps were deflected to their full-
down positions (17.5 degrees and 30 degrees, respectively). The
calculations are based on the inviscid flow with and without vortex
breakdown. The deflection angle of the flaperons in the streamwise
direction was calculated to bé 13.6 degrees. It is seen from Figure
40 that both C;, and Cp are underpredicted perhaps because the
geometric representation in the calculation is not accurate. All
necessary geometric quantities for input were measured from Figure
39.

In the VORSTAB code, the vortex bursting is implemented to
progress from the wing tip toward the apex. 1In the swept—forward
wing situation, the leading—edge vortex separation starts at the
wing tip; and its bursting may start at the wing root and move
toward the tip, which is opposite to the progression direction
assumed in the program. In Figure 41, the CEB prediction without

vortex breakdown appears better than the one with vortex breakdown.
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(g) An F-106B Configuration

As shown in Figure 42, the basic F-106B configuration has a
highly swept wing which is dominated by vortex flow at high angles
of attack. Therefore, inviscid flow is assumed in the
calculation. Figure 43 shows good agreement with data for the
longitudinal characteristiecs. Cp is underpredicted at high a
perhaps because the thrust component of lift acting on the conical
camber is overpredicted by the code. In the lateral-directional

match well with

calculation (Fig. 44), predicted C“B and C26

experimental data up to a = 30 degrees. However, Cy is not as well
predicted, probably due to the wing and fuselage interference.
Figures 45 and 46 show the lateral-directional derivatives due to
rolling and yawing. The experimental data measured in forced-
oscillation tests and taken from Reference 32 to compare with the

predicted C c and Cp are (C, + C__ sina), (C_ + C_, sino),
np’ zp Yp YB ’ n, n6
and (Cy + ¢, sina). The test results taken from the same
p B8
reference to compare with Cyr’ Cnr, and Cgr are (Cyr = Cy- cosa),

B

(c. -c¢ cosa), and (Cy — C,, cosa), respectively. This code is
o g oy

yp’

not designed for unsteady calculation. Therefore, discrepancy at
high angles of attack is expected. In forced-oscillation tests,
damping derivatives tend to be higher because of aerodynamic lag
effect (e.g. viscous and vortex lag). Figure 47 shows the aileron
control power at an aileron deflection of 7 degrees. The rolling
moment is mainly contributed by the antisymmetric wing 1ift due to
aileron deflection and is correctly computed. The yawing moment is

not as well predicted at low angles of attack. TFigure 48 shows the
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rudder coantrol power at a rudder deflection of 25 degrees. In this
case, the yawing moment is wore accurately calculated than the

rolling moment.

4, CONCLUSIONS

The VORSTAB code has bheen shown to be capable of accounting
for, but not limited to, vortex breakdown effect, viscous effect,
vortex 1ift, and suction force, etc. The viscous separation effect
was included through the use of nonlinear section data. The
nonlinear section data were calculated with a revised Eppler's code
for thin airfoils based on a modified free wake theory for post-
stall characteristics. Calculated results for complete airplane
configurations showed the longitudinal aerodynamics and the lateral-
directional derivatives predicted by the VORSTAB code gave
reasonable results compared with wind-tunnel test data up to an
angle of attack at which wake interference and forebody vortex
effect were not significant, Such an angle of attack was found to be
configuration dependent and might be different for longitudinal and
lateral~directional aerodynamics. Good results could be expected
for those configurations dominated either by vortex flow or viscous
separation.  Overall, predicted results for 1ongitudinalb
characteristics agreed better with wind-tunnel data than with
lateral—~directional results. One possible reason for the
disagreement is wake interference between lifting surfaces. Also

the forebody vortex might transgress the flowfield of the vertical
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tail leading to an inaccurate prediction of lateral~directional
derivatives at high angles of attack. In addition, asymmetrical
forebody vortices in a sideslip would produce significant effect on
directional derivatives and were not accounted for in the present
code.

Based on the experience galned in this investigation, a
successful modeling for the VORSTAB code would require

(1) good judgment as to whether a configuration was vortex-

flow dominated or might require nonlinear section data;

(2) a good estimate of where the augmented vortex lift might

occur and the amount of favorable or adverse pressure
gradient to cause the change in vortex—breakdown angles of
attack; and

(3) an accurate geometric representation of a configuration,

including camber shapes, airfoil geometry, leading—edge
sweep, etc.
Typically, forebody and strake vortices were favorable to vortex
stability of the wing. But the strake vortex would burst earlier
due to the presence of wing adverse pressure gradient.

To improve the code, the interference of forebody and strake
vortices on the vertical tail must be determined. This would
require the calculation of the locations of these vortices. 1In
addition, the effect of wing wake and vortex-burst flow field on the
empennage would be an important factor in predicting static lateral-
directional characteristics.. For dynamic lateral-directional
characteristics at high angles of attack, an appropriate uunsteady

aerodynamic theory would be needed.
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Figure 4. Illustration of Leading-Edge Vortex
Separation (Ref. 11)
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Figure 6. Wing Section for Defining Vortex Action Point (Ref. 11)
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Figure 7. A Control Surface Taken in Cross-Flow Plan (Ref. 11)
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Figure 12. The Geometry of the F/A - 18 Configuration
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Figure 13. Wing Sectional Characteristics for the F/A - 18
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Figure 14. Longitudinal Characteristics of an F/A-18 Configuration
Without Leading-Edge Flap Deflection
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Figure 15. Lateral-Directional Derivatives Calculation
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Flap Deflection
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““““ Flat Plate (Ref. 31)
NACA 65A (X) 05.0 (Mod) with leading-edge flap
deflection assumed
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Figure 16. Nonlinear Sectional Data for an F/A-18 Configuration
with Leading-~Edge Flap Deflected at 25 Degrees
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Figure 17. Longitudinal Characteristics of an F/A-18 Configuration
with Leading-Edge Flap Deflected at 25 Degrees
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Figure 18. Lateral-Directional Derivatives for an F/A-18
Configuration with Leading—-Edge Flap Deflected
at 25 Degrees
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Figure 19. A Generic Fighter Model Tested in the 12-ft Tunnel
at NASA Langley Research Center (Ref. 37)
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Figure 20. Sectional Lift Coefficients Used in the Generic
Fighter Calculatiomn
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Figure 21. Longitudinal Aerodynamic Characteristics for a
Generic Configuration
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Generic Fighter Based on the Body Axis at B = 4
Degrees
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Figure 24. Sectional Lift Curve for an NACA 64A204 Airfoil
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o— Experimental Data (Ref. 38)
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Figure 26. Lateral-Directional Derivatives Calculation of an
F-16 Configuration Based on the Body Axis at
B = 5 Degrees
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e Experimental Data (Ref. 39)
VORSTAB Calculation without Viscous Effect
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Figure 28. Longitudinal Aerodynamic Characteristics of an
: F-16XL Configuration
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o— Experimental Data (Ref. 39)
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Figure 29. Lateral-Directional Derivatives Calculation of

an F-16XL Configuration Based on the Body Axis
at B = 5 Degrees
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Delta

Figure 31. Top-view Sketches of the F-5 Configurations (Ref. 40)
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Figure 32. Sectional Lift Curve for the F-5 Configuration
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Figure 33. Longitudinal Aerodynamic Characteristics of an

F-5 Basic Configuration
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o Experimental Data (Ref. 40)
VORSTAB Calculation with Viscous Effect
—————— VORSTAB Calculation without Viscous Effect
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Figure 34. Lateral-Directional Derivatives Calculation of an
F-5 Basic Configuration Based on the Body Axis at
B = 5 Degrees
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Figure 35. Longitudinal Aerodynamic Characteristics of an

F-~5 Swept Wing Configuration
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Figure 35. Continued
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Q- Experimental Data (Ref. 40)
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Figure 36. Lateral-Directional Derivatives of an F-5 Swept
Wing Configuration Based on the Body Axis at
B = 5 Degrees
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VORSTAB Calculation without Viscous Effect
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Figure 37. Longitudinal Aerodynamic Characteristics of an
F-5 Delta Wing Configuration
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Figure 37. Continued
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o— Experimental Data (Ref. 40)
VORSTAB Calculation without Viscous Effect
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Figure 38. Lateral-Directional Derivatives Calculation of an
F-5 Delta Wing Configuration Based on the Body Axis
at B = 5 Degrees
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o— Experimental Data (Ref. 41)
VORSTAB Calculation with Vortex Breakdown Effect
------ VORSTAB Calculation without Vortex Breakdown Effect
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Figure 40. Longitudinal Aerodynamic Characteristics of an
X-29 Configuration
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Figure 40. Continued
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o— Experimental Data (Ref. 41)
VORSTAB Calculation with Vortex Breakdown Effect

------ VORSTAB Calculation without Vortex Breakdown Effect
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Figure 41. Lateral-Directional Derivatives Calculation of an
X-29 Configuration Based on the Body Axis at
B = 5 Degrees
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Q— Experimental Data (Ref. 42)
VORSTAB Calculation without Viscous Effect
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Figure 43. Longitudinal Aerodynamic Characteristics of an
F-106B Basic Configuration
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Q— Experimental Data (Ref. 42)
: VORSTAB Calculation without Viscous Effect
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Figure 43. Continued
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Q— Experimental Data (Ref. 42)
VORSTAB Calculation without Viscous Effect
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Figure 44. Lateral-Directional Derivatives Calculation of an
F-106B Configuration Based on the Body Axis at
B = 5 Degrees
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oQ— Forced Oscillation Data (Ref. 42)
VORSTAB Calculation without Viscous Effect
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Figure 45. Lateral-Directional Derivatives Calculation of an

F-106B Configuration Based on the Stability Axis at
P = 0.02
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Q- Forced Oscillation Data (Ref. 42)
VORSTAB Calculation without Viscous Effect
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Figure 46. Lateral-Directional Derivatives Calculation of an
F-106B Configuration Based on the Stability Axis at
¥ = 0.02
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o— Experimental Data (Ref. 42)
VORSTAB Calculation without Viscous Effect

0.005 —
0.000|—
~0.005|— 61
5 | ©

" -0.010 D o C) G C

~0.015—

ERATRENINRRRI RNRRARURRIANANARRRRN ANNTE
0 o 10 15 20 25 30 35 40

—-0.020

0.000—
-0.010}— c)
| ~ 0 0o S
O _oon @ O6—6
—0.030 —
—0.040 J_llllllllllillllllllllllllllllllllllll

0 5 10 15 20 25 30 35 40
ANGLE OF ATTACK

Figure 47. Calculation of an F-106B Aileron Control Power,

SA = 7 Degrees
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G- Experimental Data (Ref. 42)
VORSTAB Calculation without Viscous Effect
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Figure 48. Calculation of an F-106B Rudder Control Power,
<Sr = 25 Degrees

107



Report Documentation Page

Nahonal Aeronautcs and
Seace Agminigirahon

1. Report No. 2. Government Accession No. 3. Recipient’s Catalog No.
NASA CR-4182

4, Title and Subtitle 5. Report Date
Calculation of Aerodynamic Characteristics of Airplane October 1988
Configurations at High Angles of Attack ctober

6. Performing Organization Code

7. Authoris} 8. Performing Organization Report No.
J. B. Tseng and C. Edward Lan CRINC-FRL-730-1
10. Work Unit No.
9. Performing Organization Name and Address 533-02-01-03
Flight Research Laboratory 11. Contract or Grant No.

The University of Kansas Center for Research, Inc.

Lawrence, Kansas 66045-2969 NAG1-635

13. Type of Report and Period Covered

12. Sponsoring Agency Name and Address

National Aeronautics and Space Administration Contractor Report
Langley Research Center 14. Sponsoring Agency Code
Hampton, VA 23665-5225

15. Supplementary Notes

Langley Technical Monitor: William L. Sellers III
Final Report

16. Abstract

In this study, calculation of longitudinal and lateral-directional aerodynamic
characteristics of airplanes by the VORSTAB code is examined. The numerical
predictions are based on the potential flow theory with corrections of high angle-
of-attack phenomena; namely, vortex flow and boundary layer separation effects.

To account for the vortex flow effect, vortex 1ift, vortex action point,

augmented vortex 1ift and vortex breakdown effect through the method of suction
analogy are included. The effect of boundary layer separation is obtained by
matching the nonlinear section data with the three-dimensional 1ift characteristics
iteratively.

Through correlation with results for nine fighter configurations, it is concluded
that reasonably accurate prediction of longitudinal and static lateral-directional
aerodynamics can be obtained with the VORSTAB code up to an angle of attack at
which wake interference and forebody vortex effect are not important. Possible
reasons for discrepancy at higher angles of attack are discussed.

17. Key Words (Suggested by Author{s)} 18. Distribution Statement

Longitudinal Aerodynamics
Lateral-Directional Stability Derivatives Unclassified - Unlimited

Vortex Flow Subject Category 02
Viscous Separation

19. Security Classif. (of this report) 20. Security Classif. (of this page) 21. No. of pages 22. Price
Unclassified Unclassified 120 A06
NASA FORM 1628 OCT 86 NASA-Langley, 1988
B CRBET CondT s, For sale by the National Technical Information Service, Springfield, Virginia 22161-2171
AL O TR o N CRe ,
0 v N pedy LS PRl S RIMALE b ) PPNV Fe et g, o : 7
LR GF T ny ST A0 Pulaas TR A FALOwS pey R
ORQECATH & 8 v TLO v 4"
- P Lavy - 1,4 ¢
Win g s TR ilmrmeh  ASLLR AT o

5

™ -



